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Abstract

The comparison of aerodynamic characteristics for a combat aircraft study
was addressed in this work. The thesis is a feasibility study which reviews
the workload and output quality efficiency of different numerical and exper-
imental methods often used during conceptual aircraft design.

For this reason the Vortex Lattice Method (VLM), Euler or Reynolds-
Averaged-Navier-Stokes (RANS) simulations were compared to the more
heavier Large Eddy Simulation (LES) which also has the capability to cap-
ture also more complex flow physics, such as those that occur, for example,
at high angles of attack. To be able to crosscheck the numerical results,
the same static alpha sweep tests were executed in a tunnel. Thereby it
was discovered that it was quite challenging to reach the same values in the
water tunnel as those previously calculated in computational fluid dynamics
(CFD) due to different technical issues.

However it could be shown that LES simulations can be today a suit-
able tool for conceptual aircraft design, as they offer much higher levels of
accuracy and give the designer the possibility to check the new study at an
early stage along the border of the aircraft’s flight envelope.
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Notational Conventions

Abbreviations and Acronyms

Abbreviation Meaning
ABS Acrylonitrile butadiene styrene
AC Aircraft
CAD Computer aided design
CFD Computational fluid dynamics
CP Centre of pressure
CPU Central processing unit
CG Centre of gravity
DNS Direct numerical simulation
FDM Fused deposition modeling
FEM Finite element method
FFA Swedish military research
GB Gigabyte
GFF Generic future fighter
GUI Graphical user interface
HP Hewlett-Packard
JAS Hunt, attack and spy
L/D Lift over drag ratio
LEX Leading edge extensions
LES Large eddy simulation
MDO Multidisciplinary design optimisation
NI National Instrument
NSC National supercomputer centre
OML Outer mold line
PCI Peripheral component interconnect
RAM Random-access-memory
RANS Reynolds-averaged Navier–Stokes
RMS Root mean square
RSC Radar cross section
Re Reynolds number
SST Shear stress transport
stp Standard for the exchange of product model data
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vi NOTATIONAL CONVENTIONS

Abbreviation Meaning
Tb Terabyte
Tflops Teraflops
TiB Tebibyte
UAV Unmanned aerial vehicle
VLM Vortex lattice method

Symbols and Mathematical Notation

Notation Meaning
a Speed of sound in the medium
b Wing span
CD Drag coefficient
Cf Force coefficient
CL Lift coefficient
Cm Moment coefficient
CY Side force
CDkω Cross diffusion term
CO2 Carbon dioxide
D Drag force
d Diameter
E Total energy
Eκ Energy Spectrum
FR Resulting Force
Fr Froude number
~fe Body force
K Wave number
k Turbulent kinetic energy
kc Thermal conductivity coefficient
l Flow length
lk Smallest vortex size
L Lift force
LK Largest vortex size
Ma Mach number
N Normal force
NOx Nitrogen oxide
~n Normal vector
p Pressure
q Dynamic pressure
q̇h Time rate of heat transfer per unite mass
R Ideal gas constant
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Notation Meaning
S Wing area
t Time
T Temperature
U Free stream velocity
~v Velocity vector
v̄ Mean velocity
α Angle of attack
αe Effective angle of attack
αepsilon Downwash angle
δ Boundary layer thickness
ε Rate of vortex dissipation
Φ Velocity potential
ϕ Flow properties
ϕ̄ Steady mean value of flow properties
ϕ̃ Fluctuation value of flow properties
Γ Vortex strength
ν Kinematic viscosity
νt Turbulent eddy viscosity
ρ Density
τ Shear stress
τ Viscous stress tensor
Ω Control volume
ω Specific dissipation
2D Two Dimensional
3D Three Dimensional
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Chapter 1

Introduction

Since many years there is only one trend, with some small exceptions, to
be seen in the aircraft production, and this trend goes straight upwards.
New markets, such as Russia, China, and the Middle East region, seem to
confirm that this trend will still continue in the following years. Today’s
globalised world has also changed the requirements for our aircrafts. Each
new commercial aircraft is today on average 15-20 % more efficient per seat
mile [1, 2] than the previous generation. Besides a reduction in carbon di-
oxide (CO2) and nitrogen oxide (NOx), achieved through more fuel efficient
jet engines and better aircraft aerodynamics, less noisy aircraft will grow
in importance in the future due to the strong increase in air traffic. The
military market finds itself confronted with a different warfare where highly
developed fighters are no longer viewed as being efficient enough. On the
other hand, new markets, such as unmanned air vehicles (UAV), have been
showing strong growth rates for a couple of years, due to theirs lower costs
and higher flexibility to adapt to the actual conflicts which are often char-
acterised by an asymmetric warfare.

Whatever the type of air vehicle, the future aerodynamic challenges are
quite equal. Therefore, there is still room left for further reductions in aero-
dynamic drag, which may possibly be achieved by a reduction in turbulent
skin friction, a better laminar flow, an active flow control or variable camber
concepts. But all these examples are highly complex physical flow problems
for which a suitable and serial production solution has to be found before it
can be used on new aircraft. Therefore, it is not a big surprise that today
new aircraft are becoming ever more efficient, but that in the same way
the design and development time, and respective costs, increase too. Fig-
ure 1.1 shows the estimated development time compared with the project
delay time for different, past and ongoing, projects. 1 In the diagram it

1The figure presents mainly civil aircraft projects due to the fact that military programs
are often highly dependent on government decisions and are so not only dependent on the

1
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is clear to see that the project time (from project start until first aircraft
delivery) is constantly increasing. That this is a general trend over the last
20 years is illustrated by the average project time which is also increasing
too. Just as the overall project time has increased, the delay time has also
increased, meaning programs such as the Boeing 787 or Airbus A380 greatly
exceeded the estimated project time. However, it seems that new projects
learnt from their mistakes and started with retaliatory actions, such as the
A350 project. To analyses professionally what led to those delays is beyond
the scope of this thesis and needs further investigations.

In summary, it can be said that Figure 1.1 clearly demonstrates that
a lot of projects in the last 15 years were planned too optimistically com-
pared with the technical challenges which had to be overcome. Based on
the statistics presented, a medium sized aircraft requires at least five years
for development and production. Furthermore, a delay of one year for any
unexpected problems that arise should also be taken into account. The con-
clusion of this is, that a project time below six years will, depending on the
aircraft size, lead with the utmost probability to delivery delays today.

Figure 1.1: Aircraft project times and their delays. State July 2012

The massive delays from the past have to be avoided in future! This is only
possible if all necessary informations about the new design are available as
early as possible in the aircraft development process when there is a high
level of design freedom, so that the best design can be found in the beginning
and subsequent cost-intensive redesigns can be reduced to a minimum. The

manufacturer project plans.
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aim for future designs is to develop and use tools which deliver this more
detailed design information, and to clearly decrease the committed cost, so
that the engineer has more freedom to find creative and functional solutions
for any problems that arise. This basically explained paradigm shift in the
design process is presented in Figure 1.2.

Figure 1.2: Aircraft design paradox

The challenge is to develop methods and tools to find the best design, which
represents in an interdisciplinary activity like the aircraft design process
the most effective compromise between factors such as low drag, structural
stiffness, low noise emissions, maintainability, good flight dynamic perform-
ances, and many more.

In the past, it was mainly the wind tunnel that was the tool used for optim-
ising the new design in terms of aerodynamics. And still it is an important
facility when it comes to collecting data for the entire flight envelope. But
over the last 20 years computational fluid dynamic (CFD) has been growing
as the prime tool for the initial design due to higher computing power and
better algorithms. While in the 1980s and 1990s it was only possible to
simulate a simple flow problem steady state, is it today possible to calculate
a much greater number of problems already unsteady. At the same time,
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the complexity of the algorithm increased. Today, CFD is not only a tool
to predict lift and drag curves for a new design, but it also offers shape
optimizations, predicts noise sources, and solves basic aero-structure prob-
lems, see Figure 1.3. CFD offers today a competitive fidelity and reasonable
calculation times which will probably lead to a reduction in expensive wind
tunnel test hours, for ongoing developments like the Airbus A350, by up to
40% [3, 1]. Nevertheless, CFD still has limitations and so it is up to the
engineer to choose the right combination of tools in order that an optimum
in data availability is warranted with cost minimisation at the same time.

Figure 1.3: Capability achived during one night batch. With courtesy of
Airbus

1.1 Objectives

The purpose of this thesis had two different focuses from the beginning and
therefore two aspects have to be considered. The focus in the experimental
part is mainly to validate the water tunnel facility and its balance system,
where the accuracy of the outputs must be evaluated again after a renova-
tion. On the other hand, there is the numerical part, where a CFD model of
the water tunnel was investigated to obtain some benchmarks for the water
tunnel and help to analyse the influence of various (uncertain) parameters.
The numerical simulation also served to provide an overview of which numer-
ical method can possibly be used today as well in the early conceptual air-
craft design phase as well, because it is still common practice that relatively
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simple numerical models such as the Vortex Lattice Method (VLM) be used
to estimate basic aerodynamic characteristics. For this reason, CFD models
of inviscid flow (Euler’s equations) and turbulent flow using both Reynolds
Averaged Navier-Stokes (RANS) and Large-Eddy-Simulation (LES) will be
analysed for their practicability at this design stage.

1.2 Limitations
Due to the fact that, as explained in the previous section, a water tunnel
was used and evaluated for the experimental part, the Reynolds numbers
are, due to the low speed and the small test section, very low and do not
reach values which the Generic Future Fighter (GFF) model may experience
somewhere in its real flight envelope.

The second limitation is essential for the numerical simulations. As there is
a strong interest in the industry in keeping calculation time low (especially
during the first aircraft design phase) and as this simulation should mainly
help to identify issues with the water tunnel and not be used as a GFF
benchmark test, a coarse mesh was used for the following simulations.
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Chapter 2

Theoretical Background

This chapter sets the basic theoretical background for this thesis; a definition
of aircraft design, as well as what it includes, is followed by an outline of
the numerical methods used.

2.1 Aircraft Design
The process of designing an aircraft is actually a multidisciplinary process
consisting of the first three stages listed below [4, 5]. However, in this thesis
the process will be divided into four phases to make the work-flow easier to
examine. The phases are as follows:

• Phase 1 The Conceptual Design

• Phase 2 The Preliminary Design

• Phase 3 The Detail Design

• Phase 4 The Final Design

These phases are not separated from one another, but rather they overlap
to ensure all work is completed on time. During the different design stages,
characteristics such as aerodynamic shape, structure, power settings, air-
craft systems, stability and control, cabin interior, and cargo fittings will
be developed, defined, tested, optimised, and finally produced. Figure 2.1
presents the principle four design phases including all main tasks which have
to be completed at every stage.

7
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Figure 2.1: The principle work-flows of the aircraft design process.
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Conceptual Design

The conceptual design phase is a feasibility study of the market and a large
number of different possible models. The aim is to find out what is needed
and which concept best matches the basic and detailed requirements, such
as performance, cost, safety, and available technology. For this purpose,
basic estimations for mass, aerodynamic characteristics and structure are
required. The tools used for these evaluations are largely base on empirical
methods or first order numerical simulations [6]. If a model shows great
promise to achieve all the client needs, a first optimization of the aircraft
can commence.

To save time and lower costs in the following project steps, the accuracy of
the chosen models is of major importance. The better the tools predict the
real behaviour of the aircraft, the lower the risk of meeting major problems
in the later design stages. Nevertheless, during the conceptual design the
model is still limited in its complexity, and the number of people involved
is small.

Parallel to this, risk management, budget, cost target and important mile-
stones have to be established and set for the entire project.

Preliminary Design

During this stage, the aim is to decide on the chosen model, freeze the
design, and come up with a product that the manufacturer can offer to
potential customers as an aircraft with guaranteed performance. From now
on a larger number of people are working in the project. Experts in areas
such as propulsion, structure, aerodynamics, electrical systems, and landing
gears begin their analysis, design their parts, and test them if necessary.
To minimize delays, a parallel design of the different groups is required.
Therefore, the use of multidisciplinary design optimisation (MDO) and a
regularly updated digital design database is indispensable. Furthermore,
the production starts to plan and simulate the assembly of the aircraft, to
identify possible methods. Finally the project cost and feasibility will be
calculated and checked.

Detailed Design

This is the most expensive phase. The manpower is at its maximum and
it is very difficult to deal with possible unexpected design changes. Final
simulator tests or long-term structure tests continue. The production starts
to order the tools, plan workshops and train workers in the new technologies
that are needed to assemble the first aircraft. Additionally, all drawings and
technical documentation should be prepared.
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Final Design

Finally, the first aircraft are produced. A test fleet of 1-4 aircraft will ensure
that all ground and flight tests can take place in quick succession. The aim
is to verify the real aircraft performance and flight characteristics, as well
as collecting all data required for airworthiness certification. Any problem,
difficulty or failure arising during the flight- and ground-test programme,
leading to design changes, will be enormously expensive and may result in
long delays. This phase comes to an end when the customer decides to take
the aircraft.

2.1.1 Specifics for Military Design

Military aircraft design differs from civil aircraft design not only in the air-
craft requirements, but also in the way the whole project is planned and fin-
anced. Civil aircraft are normally privately financed, in contrast to military
projects, which are developed with government funding. Military projects
are often run with cooperation between different countries. The reason for
this is that military aircraft design often starts in uncharted waters. The
design is still quite conventional, comprising an aircraft body, wing config-
uration with jet engine intakes under the wing or fuselage (for fighters) and
wing-mounted turboprops or jet engines (for transport aircraft).

Figure 2.2: Life cycles of civil and military aircraft

However, the high number of different aircraft configurations (e.g. air force,
navy, coastguard) leads to a quite complex design, which leads in turn to a
greater risk that the project may fail. Time-consuming agreements between
the countries involved are therefore typical at the conceptual design stage,
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where the work- and cost-share are determined by the number of aircraft
units ordered.

Military aircraft also differ from civil ones in terms of their life cycle: milit-
ary aircraft currently fly for up to 40 years and sometimes more (e.g.: C-160
Transall), while a normal commercial aircraft is considered to be quite old
after around 20-30 years in service (e.g.: McDonnell Douglas MD-81). With
that in mind, this aircraft type calls for greater durability and robustness
to be considered in many aspects of its design.

This consideration results in a rather long development time. Figure 2.2
shows the differences between the civil and military life cycle. Designers
are very often confronted with numerous problems arising from the new
and highly advanced technology they are using for the new planes. As a
consequence, long delays often follow so that contracts have to be renegoti-
ated and some systems (software, sensors, weapons) have to be redesigned
because of rapid changes during the whole aircraft design process.

2.1.2 Aerodynamics in Aircraft Design

Aerodynamics are probably one of the most important aspects of design
when developing new aircraft. Most other design teams, such as the flight
control group or the load and structure group, are dependent on the aero-
dynamic data which the aero group have to make available for them.

Figure 2.3: The aerodynamic design process, from [7]

The main task for the aerodynamics team is to design and optimize the
shape of the aircraft which is defined by the so-called outer mold line (OML).
Today’s aerodynamic activities are no longer limited to reducing drag, in-
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creasing lift, considering aerothermodynamic effects and calculating all res-
ulting forces and moments, but, they also take into account factors with
environmental impacts, such as the possible aeroacoustic effects of deploy-
ing flaps, slats or landing gears. Typical aerodynamic design methods and
tools are presented in Figure 2.3.

In order to keep development costs low, it is essential that the various teams
work alongside one another. Therefore it is important that the aerodynamic
team produces highly accurate data during the early stages, so that any
design corrections resulting from other groups, are as minor as possible.
The need for major corrections can lead to long delays when the project has
only just started.

To guarantee the required time precision, all available aerodynamic tools
have to be used in the right order. Cheap and low fidelity tools, like hand-
books and fast numerical simulations (VLM Section 2.3.1 and other Panel
Methods) have to be used in the early conceptual design phase, where a lot
of different design alternatives have to be tried and tested. Later, tools with
a higher fidelity, like CFD and wind tunnel experiments have to be used to
get more exact values. Figure 2.4 shows how the different tools can be used
during the design process.

(a) flight envelope (b) CAD and CFD hierarchy model

Figure 2.4: Aerodynamic tools, adapted by [8], with permission

2.2 Fundamental Aerodynamics

2.2.1 Forces and Moments

A wing is a profile which produces lift along a certain finite span. The wing
characteristics are decided by the shape of its cross-section which is basically
defined by the camber, the profile thickness, the chord length and span-wise
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shape (e.g. taper, twist) . Figure 2.5 exemplifies the assembling of such
a wing. If air or any other gas/liquid flows around the wing, a number of
different forces presented in Figure 2.6 start to take effect on it.

Due to the motion of the fluid and the shape of the profile, the velocity
field around the wing differs and so does the pressure distribution. The
pressure per unit area gives a (normal) force which acts perpendicular to
the wing surface. Because of viscosity effects, a shear force is induced on
the surface which is acting tangential to this surface, the called tangential
(shear) force. If both pressure and shear forces are integrated over the wing
surface, the so-called lift and drag forces can be calculated.
The lift and drag forces are, as shown in Figure 2.6, forces relative to the
flight path. In contrast to that are the normal and axial (tangential) force
body-oriented forces. At small angels of attack, the pressure offers the major
contribution to lift, as do the shear stresses to the drag. When the wing
reaches higher angles of attack, pressure starts to contribute even more to
the drag.

The resulting force FR, of all above mentioned forces, is then obtained
by Equation 2.1. This force acts on the wing’s centre of pressure (CP ).

FR =
√
N2 +A2 +

√
L2 +D2 (2.1)

Another important parameter is the resulting moment, which depends
on the location of the centre of gravity (CG) and the resulting force.

To be able to compare the efficiency of different wings, independent of
their form and size, non-dimensional coefficients are normally used. In doing
so, the particular force has to divided by the wing area S and the dynamic
pressure q∞. By scaling the moment, the reference chord has to be added
into the divisor. Equation 2.2 and 2.3 show the general definition for the
force and moment coefficient.

Cf = Force

q∞ · S
(2.2)

Cm = Moment

q∞ · c · S
(2.3)

where

q∞ = 1
2ρ∞v

2
∞ (2.4)

2.2.2 Laminar and Turbulent Flow

For a better understanding of the following parts in this chapter, two fur-
ther terms have to be explained. First, what a laminar, and second, what a
turbulent flow contains.
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Figure 2.5: Wing assembly

Figure 2.6: Forces and angles on a wing profile
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The term laminar comes from the Latin word lamina which means ”plate”
and thus describes the behaviour of the flow. The motion of the fluid is char-
acterized by parallel moving streamlines in which no mixing process between
the fluid particles occurs. Therefore, all particles have a smoothly varying
velocity in the same direction. But this laminar flow depends heavily on
the speed, a characteristic stream length and the kinematic viscosity of the
fluid. If the speed is low, the length short, and/or the kinematic viscosity
high, a laminar flow becomes highly likely to occur. However, the laminar
flow explained above constitutes only a small group of the important fluid
motions. Most flows in nature are turbulent.

Turbulence is characterized by a highly chaotic flow behaviour. This means
that the fluid particles are exposed to irregular fluctuations and mixing
processes, which leads to a permanent variation in velocity and pressure over
a period of time and space. Furthermore, this strong diffusive characteristic
leads to an increase in the shear stresses, which in turn cause higher friction
resistance. Turbulent flows are always unsteady and always 3D, in contrast
to the laminar flow, which can be of lower order (1D ore 2D).

Figure 2.7: Cascade of Turbulent Energy

The turbulent flow consist of large and very small eddies (scales) in which
the large eddies depend on the geometry and the smaller eddies on the fluid
viscosity. The large eddies are gain their energy from the mean flow and
than transfer this energy to the smaller scales. At a certain point the smal-
lest eddies are so tiny that they will disappear and the eddies kinetic energy
is then dissipated into internal energy. The higher the Reynolds-number the
smaller the smallest scales.

Figure 2.7 presents this typical energy turbulence cascade with large eddies



16 CHAPTER 2. THEORETICAL BACKGROUND

at the beginning and smaller eddies at the end.

Thanks to the following equations, developed by Kolmogorov, is it possible
to estimate the size of the largest (Equation 2.5) and smallest (Equation 2.6)
vortex. This will be helpful for guessing the size of the grid required further
down the line. In the following equations, ν represent the kinematic viscosity,
and ε the rate of dissipation.

LK =
(
ν3

ε

) 1
4

(2.5)

lK =
(
ν

ε

) 1
2

(2.6)

(a) Laminar flow (b) Turbulent flow

Figure 2.8: Turbulent and laminar flow inside a pipe

In order to analyse a turbulent flow, it is convenient to show how much
the flow properties of a laminar and turbulent flow fluctuate over the time
elapsed. A streamed through pipe, as presented in Figure 2.8, demonstrates
the differences best. The laminar flow shows no change in flow properties ϕ
over the time elapsed and have a rounded, cone-shaped velocity profile. In
contrast, the velocity profile for a turbulent flow is more flattened and the
flow properties fluctuate with a value of ϕ̃ around a steady mean value ϕ̄.

2.2.3 Reynolds Number

The theoretical base for the different sorts of flow explained above was dis-
covered by Osborne Reynolds. He analysed the flow of water at different
speeds in glass pipes of different lengths. This way he was able to provide a
coherence between the mean flow velocity v̄, an overflowed geometry with a
characteristic length l (for pipes, is it the diameter d) and the kinematic vis-
cosity ν, which results in a dimensionless factor now known as the Reynolds
number.
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Re = v̄ · l
ν

(2.7)

Using this factor it is possible to estimate when a flow is laminar and when
the flow changes into a turbulent flow. Reynolds found that at the value of
approximately Re ≈ 2000 the pipe flow passes from a laminar into turbu-
lent flow. This so-called critical Reynolds number varies depending on the
particular flow geometry. Figure 2.9 shows the changeover from laminar to
turbulent over a flat plate, for which the critical Re typically is between
1× 105 and 1× 106.

Additionally, the Reynolds number has another important significance in
fluid mechanics. If the Reynolds number and the Mach number 2.34 are the
same for two geometrically similar flows, this will ensure dynamic similarity.
This means that force and moment coefficients will be the same in both
cases.

2.2.4 Boundary Layer

A flow is affected on the one hand by the fluid viscosity and on the other
by the roughness of the surface over which the fluid passes. The flow close
to a wall is shown in figure 2.9.

Figure 2.9: Boundary Layer on a flat surface

As shown, the velocity of the flow (due to the above mentioned reasons)
directly on the surface of the wall is zero and increases the further the
distance from the wall up to the free stream velocity. The area between the
wall and the free stream is called the boundary layer.

In the beginning, this boundary layer is laminar and attached to the
wall surface. After a certain distance, the boundary layer changes into a
turbulent flow. The area of change is called a transition region. Here the
flow reaches the critical Reynolds number Recrit [9].

Figure 2.10 presents the result of an LES flow simulation along a flat sur-
face with a clear visible transition and turbulent region. Measuring the flow
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properties at a certain point in the turbulent region would return the same
signal as presented before by the pipe flow in Figure 2.8 (b).

Figure 2.10: LES flow along a flat surface illustrated by an isosuface where
the flow reaches 99% of the free stream velocity v∞ (by Roland Gårdhagen)

However, not only the fluid viscosity and surface roughness affect the char-
acteristics of a boundary layer, it is also the shape and the curvature of the
body around which the fluid circulate. Figure 2.11 shows a cambered wing
profile and how the pressure in the boundary layer increases along the back
part of the profile. Due to this adverse pressure gradient, the flow decel-
erates and will eventually come to a complete stop if the pressure rises to
much. The point where the flow velocity becomes zero is called the separa-
tion point and is the starting point where the flow will be no longer attached
to the surface. This separation can occur in laminar as well as turbulent
flows, but might be delayed by turbulent flows.

Figure 2.11: Boundary layer over a wing
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The thickness of the laminar and turbulent boundary layer flow is defined
as the distance between the wall and the point where the flow reaches 99%
of the free stream velocity and can be approximately calculated according
to [10] by:

δlaminar = 5.2

√
l2

Re
(2.8)

δturbulent = 0.37 l

(Re)1/5 (2.9)

The turbulent flow goes along with a larger loss of energy so that the drag
for the wing profile increases. The more the transition point moves forward
to the leading edge of the profile, the larger the drag becomes due to the
increasing turbulent area. For that reason, wing profiles with a laminar flow
and a transition point close to the tailing edge are often preferred in aircraft
design. The drag can be estimated with:

CD,laminar = 2.656√
Recrit

(2.10)

CD,turbulent = 0.148
Re0.2

crit

(2.11)

2.2.5 Navier-Stokes Equations

All flows are governed by the so called Navier-Stokes equations, which de-
scribe the motion of a fluid as a relationship between temperature, pressure,
density, and flow velocity. This mathematical formulation is the basis for
all simulations (e.g. turbulence in incompressible Newtonian fluids). The
problem with these equations is their complexity and therefore it is till this
day not possible to solve the Navier-Stokes equations completely analytical
for arbitrary problems. Only by using numerical methods such as the finite
element (FEM), finite difference (FDM) or the finite volume method (FVM)
is it actually possible to approximately solve these equations.

Due to the fact that the Navier-Stokes equations are the fundament for all
simulations, it is necessary to give a short introduction to them. However,
the derivation of the entire equation is beyond the scope of this report.

Navier-Stokes equations contain 4 independent and 6 dependent variables.
The first four include all three directions in space x,y,z and the time t. The
six dependent variables are the pressure p, the density ρ, the temperature T ,
and the three velocities u,v,w for all three directions in space. All six of these
dependent variables are functions of the first four independent variables,
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which leads to the following equations (here presented in the integral form
often used for CFD):

1. one continuity equation for the conservation of mass

∂

∂t

∫
Ω
ρdΩ +

∮
∂Ω
ρ(~v · ~n)dA = 0 (2.12)

2. one momentum equation for each spatial direction derived from New-
ton’s second law

∂

∂t

∫
Ω
ρ~vdΩ +

∮
∂Ω
ρ~v(~v · ~n)dA =∮

∂Ω
(τ · ~n)dA−

∮
∂Ω
p~ndA+

∫
Ω
ρ~fedΩ (2.13)

3. one equation for the conservation of energy

∂

∂t

∫
Ω
ρEdΩ +

∮
∂Ω
ρE(~v · ~n)dA =∮

∂Ω
kc(∇T · ~n)dA+

∮
∂Ω

(τ · ~v) · ~ndA+
∫

Ω
(ρ~fe · ~v + q̇h)dΩ (2.14)

Up to this point, we have 5 equations available to solve the six unkown
variables. To be able to close the system, a sixth equation is necessery,
which is usally the ideal gas law presented under point 4.

4. one equation of state

p = ρRT (2.15)

In the equations above, the specific variables represent the following flow
property: ~v the velocity vector, ~n the normal vector, dA a surface element
on the control volume Ω, ∂Ω the control volume’s border, ~fe the body force,
q̇h the time rate of heat transfer per unite mass, E the total energy, k the
thermal conductivity coefficient, R the ideal gas constant and τ the viscous
stress tensor.

It is obvious that Equations 2.12 to 2.14 have significant commonalities.
Therefor, a general physical interpretation of the equations is possible. The
partial derivatives on the left-hand side of the equations are called the con-
vective terms. During a convective transport, the physical properties are
carried by the fluid flow. The first term on the left side stands for the rate
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of change of the total amount of fluid property (mass, momentum energy)
inside the control volume Ω and the second term represents the net rate of
fluid property out of the fluid element due to convection.

The right-hand side of the momentum and energy equations contain diffu-
sion terms. Diffusion is the physical process in which certain flow properties
are transported due to the motion of the fluid molecules which are related to
the stress tensor, the viscosity, and the temperature. The first and second
term together represent the net rate of increase of fluid property due to
diffusion and the third term the rate of increase of property as a result of
sources inside the control volume.

2.2.6 Basics in High Angle of Attack Aerodynamics

The definition of a high angle of attack depends on the kind of aircraft. For a
civil transport aircraft, angles of attack over 15◦ are quite unlikely, whereas
a modern combat fighter aircraft may reach angles of attack of 40◦ and over.

To ensure that these aircraft can fly not only fast, but also have enough lift
to reach such high alphas, a so-called delta wing is necessary. This wing acts
like a normal wing at low angles, but at high angles of attack two symmet-
ric vortices start to roll up from the lower wing side over the leading edge.
This primary vortex, caused by the lower wing surface boundary layer, flows
outwards and crates a separating shear layer along the sharp leading edge
because the flow is unable to overcome the sharp corner [11, 12]. In the
vortex core, an axial air flow is induced with a speed which is two or three
times the free stream velocity. The revolving speed of the vortex is around
twice the free stream velocity [13]. This accelerated air flow results in low
pressure and delivers therefore additional lift to the conventional, linear lift
produced by attached flow, see Figure 2.13.

However, Figure 2.12 shows more than the described primary vortex: a sec-
ondary and sometimes a tertiary vortex can occur based on boundary layer
separations which are highly Reynolds-number dependent [14]. If these vor-
tices become unstable, break, and disappear by moving to the apex, the
delta wing begins to stall [15]. This is called a vortex breakdown and is
characterized by a rapid deceleration of the vortex core flow and an increase
in the vortex diameter. At the vortex burst point, the pressure drops sud-
denly and the wing therefore loses lift. The vortex breakdown is highly
dependent on the leading edge form and normally starts at angles of attack
greater than 15◦ long behind the wing. The vortex
breakdown can be described in four different breakdown modes [16]; how-
ever, the flow characteristics of this phenomenon are in principle the same:
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Figure 2.12: Delta wing flow at high angle of attack, (by John Stollery,
Cranfield Insitute of Technology)

Figure 2.13: Additional Lift at high alpha on a delta wing due to vortex lift
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first the breakdown point follows the leading edge, which subsequently moves
towards the apex as the angle of attack is increased.

Under certain circumstances this vortex breakdown process can occur
asymmetrically, leading to an unbalanced lift distribution over the wing.
This leads to a moment and the wing tends to roll. This is called wing rock.

The exact position of the vortex breakdown point depends on many dif-
ferent effects, but these are outside of the scope of this current project and
the editor refers to [17].

Although the wing is important in any discussion of angle of attack beha-
viour, forebody design plays an equally important role. In Figure 2.14, three
typical forebody configurations are presented.

Figure 2.14: Forebody Configurations

The first is the leading edge extension, often shortened to LEX. The exten-
sion is a very highly swept delta wing in front of the main wing. A LEX delta
wing configuration can thus be interpreted as a double delta wing. LEX are
primarily used to decrease supersonic wave drag and increase the maximum
lift at high angles of attack. If the vortex created by a LEX starts to interact
with the main delta wing vortex, a downwash on the inboard wing section
will be produced. This downwash leads finally to a decrease in alpha for the
airflow over the wing and slowing down whose vortex breakdown process.
Therefore, it is possible to fly higher angle of attack with a LEX configura-
tion than without. The same phenomena occur with a canard configuration.

A slender forebody has the form of a tube with a conical nose. At the end
of the 1970s, test pilots of aircraft like the F-5, F-16 or F/A-18, which had
the aforementioned forebody design, noticed that at high angles of attack
their aircraft were exposed by a side force which reduced the stability and
hence manoeuvrability. Engineers found out that an asymmetric vortex
shedding around a body of revolution was the source for that unforeseen
behaviour. With a slender forebody pitched from 0◦ to 90◦ a flow topology
as is presented in Figure 2.15 can appear. “The actual ranges in which these
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flow topologies dominate depend strongly on such factors as cross-section,
fineness ratio and the Reynolds number” [17].

Figure 2.15: Side force of a slender body with increasing angles of attack,
adapted by [18]

At lower angles of attack α ≈ 0◦ − 25◦ the flow is completely attached to
the wall and vortices do not occur. When a slender forebody reaches in-
termediate angles of attacks α ≈ 25◦ − 35◦ the flow starts to separate from
the wall and symmetric eddy shedding occurs. Up to this point, a side force
is not distinguishable. At angles of attack between α ≈ 35◦ − 60◦ the vor-
tex pattern starts to become asymmetric, which leads to a side force and
consequently (because the centre of gravity is behind the forebody) a yaw-
ing moment. The cause for this force can be explained by the difference in
separation position of the boundary layer, which results in different vortex
positions, as presented in Figure 2.15c. The suction force where the bound-
ary layer is attached to the wall for longer is higher than on the opposite
side, which results in the mentioned side force [19]. At very high angles of
attack (α > 60◦), the asymmetrical vortices start to pass into a typical von
Karman street. Here the side force in the time average is zero again.

The chinned forebody is with its chinned edges design-optimised on the
one hand to diffuse incoming radar waves, and therefore reducing clearly the
radar cross-section (RCS), and on the other hand for high speed perform-
ance. The flow behaviour for such a forebody is quite similar to a LEX or a
double delta wing. The vertical rising vortex on the chin at high angles of
attack occurs in a similar way to that which comes over a leading edge of a
delta wing. The sharper the chin corner, the more stable the vortex, which
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leads to a higher maximum lift. The highly unsteady aerodynamics of this
forebody design at high angles of attacks presented in more detail by [20].

2.3 Numerical Methods

Numerical simulations are a common tool for aircraft designers today. Thanks
to various numerical methods, the number of expensive wind tunnel and
flight tests can be shortened or partly replaced.

But it is not very easy to choose the right numerical odel to solve a flow prob-
lem when one arises. The different models, solvers, and suppliers currently
available on the flow simulation market are as numerous as the different flow
phenomena. The aim for the engineer is to find the most suitable tool which
solves the given flow problem as comprehensively, but also as fast, and thus
as cost-efficiently, as possible. Figure 2.16 systematically presents numerical
methods most widely used today.

Figure 2.16: Prism of the numerical flow simulation methods in current use

At the base of the prism is the simplest flow simulation method: the poten-
tial flow. This model is often used for simple 2 dimensional flow problems
to determine the velocity and afterwards the pressure distribution over a
wing, for example. One level above is the Euler method, which is an sim-
plification of the Navier-Stockes Equations 2.2.5, where the fluid viscosity
is ignored, as before by the potential flow. Therefore, this methods have
certain limitations: for example, the flow phenomena of the boundary layers
are not simulated and flow separations cannot be captured. However, these
methods are still the fastest codes available on today’s market to show an
engineer the basic flow attitudes.
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Turbulence modelling

To completely resolve all motions in a turbulent flow, the complete Navier-
Stokes equation has to be solved, which is referred to direct numerical sim-
ulation (DNS). This implies that the computational grid has to be very fine
to catch the very small turbulent vortices as well. But there are only a few
computers currently existing which could provide such an enormous com-
puting power to calculate this amount of potential data, even for simple
geometries. Therefore, only very simple and relatively small geometries can
be actually calculated by a DNS, which means that at the moment DNS can
only be used scientifically.

Figure 2.17: Distribution of turbulent energy over the decreasing eddy size

This is why simplification has to carried out which has the ability to give the
engineer a reasonable estimation of the existing turbulence. For this reason,
the RANS and soon the LES are good solution. The RANS code does not
resolve any turbulent motion, whereas LES resolves the lager scales and only
models the smaller ones. Figure 2.17 shows the different turbulence models
and how they are applied over the entire turbulence spectrum.
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2.3.1 Vortex Lattice Method

The VLM is a potential flow method which is still used in the early aircraft
design phase to quickly compute the lift force, pressure distribution, aerody-
namic coefficients, and derivatives to get a rough overview of the aircraft’s
aerodynamic qualities. This section will briefly present the main approach
of this method but waive a complete derivation. For more detailed inform-
ation, the writer refers to Mason’s Applied Computational Aerodynamics
class notes [21].

VLM is a numerical simulation based on Prandtl’s lifting line theory, where
the wing of an aircraft is modelled by several horseshoe vortices with a
varying strength Γ distributed on a lattice, shown in Figure 2.18.

Figure 2.18: Horseshoe representing the lifting flow over a swept wing

Prandtl’s lifting line theory is again based on the potential flow theory where
the flow is an irrotational velocity field and the velocity potential is defined
by Equation 2.16.

V̄ = ∇φ (2.16)

The lifting line theory is not a very accurate method of representing the
real aerodynamic events acting around the aircraft during all flight attitudes,
as it neglects flow phenomena such as viscosity, turbulence, dissipation, and
the effects of the wing thickness. In addition, the wing should have a high
aspect ratio, a low sweep angle as well as a low Mach number to avoid
compressible effects, and small angles of attack to ensure that the lifting
surface remains below the stall limit. Therefore, the method is only accurate
for the linear aerodynamics, see Figure 2.13.

To calculate the forces and moments on a wing using VLM, as mentioned
in the beginning of this section, to generate a grid of several horseshoe
vortices which cover the entire wing. As presented in Figure 2.19 every
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horseshoe starts in infinity cross one of the lifting surface panels at the
quarter chord line, reverses and goes back to infinity.

Figure 2.19: Horseshoe vortices representing the lifting flow over a swept
wing

Each vortex induces a velocity which depends on the strength of the vortex
Γi and its distance to the control point. To make sure that no flow is going
through the wing, Neumanns boundary condition has to be applied: the
sum of the contributions from all vortices and the contribution from the
freestream must be zero and normal to the surface at each control point.
This gives a system of equations, presented by Equation 2.17, which can be
solved for the strength of the vortices.

Γ1
2πd1

+ Γ2
2πd2

+ Γ3
2πd3

+ ...+ Γn
2πdn

+ v∞sinα = 0 (2.17)

By applying the Kutta-Jukovski theorem Equation 2.18, it is possible to
calculate lift and induced drag as a summation of the vortex strength for all
panels over the entire wing.

L = 2
∫ b/2

0
ρ∞v∞Γ(y)dy (2.18)

The method presented is used in the program Tornado, which will be
briefly explained in 3.1.2. and is still used in the early aircraft design phase
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to quickly compute the lift force, pressure distribution, aerodynamic coeffi-
cients and derivatives to get a rough overview of the aircraft’s aerodynamic
qualities.

2.3.2 Euler

The Navier-Stokes equations describe, as previously explained, the beha-
viour of a fluid without simplifications. An Euler simulation is uses these
equations (but with neglected viscous terms) in contrast to VLM, explained
earlier in Section 2.3.1. This leads to an increase in flow simulation accuracy.
Now it is possible to simulate compressible effects and non-linear aerody-
namic phenomena. However, there may exist a couple of differences between
both these methods, but there are also some similarities. Thus the Euler
code neglects, as before, the VLM occurring turbulence and dissipation. But
the major similarity is that both methods ignore viscosity effects.

In the Euler code, this simplification is achieved by ignoring the vis-
cous flux 2.19 and the thermal conductive term 2.20 in the Navier-Stokes
equations. ∮

∂Ω
(τ · ~n)dA (2.19)

∮
∂Ω

(τ · ~v) · ~ndA (2.20)

This will simplify the Navier-Stokes equations clearly, so that only the
so-called Euler equations remain.

∂

∂t

∫
Ω
ρdΩ +

∮
∂Ω
ρ(~v · ~n)dA = 0 (2.21)

∂

∂t

∫
Ω
ρ~vdΩ +

∮
∂Ω
ρ~v(~v · ~n)dA = −

∮
∂Ω
p~ndA+

∫
Ω
ρ~fedΩ (2.22)

∂

∂t

∫
Ω
ρEdΩ +

∮
∂Ω
ρE(~v · ~n)dA =

∫
Ω

(ρ~fe · ~v + q̇h)dΩ (2.23)

If so, the adhesion conditions have to be changed. Instead of u = v =
w = 0, which means that the fluid has no velocity relative to the wall, now
the tangential condition count un = ~u · ~n = u · nx + v · ny + w · nz = 0,
where the velocity vector has to be tangential to the wall and accordingly
the normal component has to disappear.
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2.3.3 Reynolds-averaged Navier-Stokes

In the previous sections, an inviscid flow was assumed to simplify the Navier
Stokes equations and decrease calculation time. But if, for example, the in-
fluence of boundary layers and turbulence should be considered in the sim-
ulation, it is necessary to deal with the complete Navier Stokes equations.
For a laminar flow, it is often possible to solve these equations directly, but
if the flow is turbulent different models have to be used to keep the workload
and calculation time low. A direct simulation of turbulence is, as previously
mentioned, only an exception in today’s industry.

In the basic introduction to turbulent flow in Section 2.2.2 it was shown that
the flow properties encountered are highly fluctuant. In 1895´, Reynolds had
the idea to decompose the instantaneous flow properties ϕ′ into a steady
mean value ϕ̄ and a time-dependent fluctuation value ϕ̃. This is shown in
Equation 2.24.

ϕ′(t) = ϕ̄+ ϕ̃(t) (2.24)

where

ϕ̄ = lim
T→∞

1
T

∫ t0+T

t0
ϕ

′(t)dt (2.25)

By applying the Reynolds decomposition for every flow variable to the
Navier Stokes Equation 2.12 and 2.13 and time averaging the equations ac-
cording to 2.25, it is possible to obtain the RANS equation. (Here presented
for the flow velocity in Cartesian tensor form for the mass and momentum
conservation.)

∂v̄i
∂t

= 0 (2.26)

ρ
∂v̄i
∂t

+ ρv̄j
∂v̄i
∂xj

= − ∂p̄

∂xi
+ ∂

∂xj

(
τ̄ij − ρṽiṽj

)
(2.27)

The Navier-Stokes and RANS equation look very similar. The only ex-
ception is the additional term (ρṽiṽj). This tensor is called the Reynolds
stress tensor and represents the transport of momentum due to turbulent
fluctuations. This tensor consists of nine independent components, which
leads to the problem that there are more unknown variables than equations
available. To be able to close the set of equations, these stresses have to
be modelled. For this problem several different mathematical approaches,
which are called turbulence models, are existing. The most frequently used
models are the Spalart-Allmaras one equation model, the k − ε and k − ω
two equation model, and the merged k − ε, k − ω Shear Stress Transport
(SST) model. In the aforementioned models, k is the turbulent energy, ε the
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tubulent dissipation rate and ω the specific dissipation rate. It is beyond
the scope of this report to explain each of these models in detail, but [22]
provides a good introduction into them.

In short, all turbulent models aim is to close the RANS equations. For this
reason, Boussinesq developed the following approach (presented in Equa-
tion 2.28) connecting the Reynolds stress with the mean velocity gradients
in order to determine the turbulent viscosity µt (see Equation A.3). The
advantage of this procedure is that it only needs a relatively short time to
compute µt compared with LES or DNS.

τT = −ρṽiṽj = µT

(
∂v̄i
∂xj

+ ∂v̄j
∂xi

)
− 2

3kδij (2.28)

The Shear-Stress Transport (SST) Model

To be able to calculate the kinetic energy and the turbulent viscosity µt,
transport equations are necessary. At the end of the previous section, differ-
ent turbulence models where presented which have all their advantages and
disadvantages. In this simulation, the Shear-Stress Transport (SST) model
was chosen as one way to model µt, because it unites the advantages of the
standard k − ω with those of the k − ε.

The benefit which the k − ω model brings, is that it can handle low-
Reynolds-numbers effects and it needs no damping functions for strong wall
effects in contrast to the k−ε model which leads to more numerical stability.
Furthermore, the k− ω model has the ability to calculate separation effects
with greater accuracy than the k−ε model, which is not able to forecast flow
separation properly. One of the disadvantages of the k − ω model is that it
is highly sensitive to free stream flows. Here the k − ε model can take over.
Firstly, it computes the wake region better, and secondly, it is more exact,
by modeling wakes, jets and mixing layers if they are sufficiently far away
from the wall. Together, these aspects make the SST model more precise
and more reliable for a wide range of different flow problems. Apendix A
shows how SST is build up more in detail.
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2.3.4 Large-Eddy Simulation

As explained in the previous section and as presented in Figure 2.17, RANS
models the turbulence over the entire wavenumber spectrum, which includes
certain inaccuracies depending on the flow problem. In contrast to RANS,
DNS solves the Navier-Stokes equations completely, so that a high resolution
can be guaranteed, but only together with a very fine mesh and therefore
with a need for a very high computational power, which is icurrently un-
available in the industry.

An intermediate step between these both methods is the Large Eddy Sim-
ulation (LES), which came with the idea of resolving the large eddies in
the turbulence directly and modeling only the smaller scales. The reason
for simulating the large eddies directly is based on the fact that their tur-
bulent structure is anisotropic, strongly depend on the geometry, and that
they extract the most energy out of the flow. In contrast to that, the smal-
ler, dissipative eddies are more universal in their turbulent character, which
makes it easier to find a convenient turbulence model for them.

LES yields a three-dimensional, time resolved solution to the governing
equations where the flow variables have first to be decomposed into lar-
ger resolved and smaller unresolved scales. Therefor a cut-off wavenumber
(filter size) which varies between different flow problems has to be defined,
but it is placed somewhere in the inertial sub-range, see Figure 2.17. For
the finite volume method, the filter size is determined by the grid size.

After defining the cut-off size, the spatial filtering process can start. There-
fore, the velocity vector ~V = (uvw)T is, as explained above, decomposed
into a resolved part v̄ and into a modelled part v′ for the unresolved sub-
grid eddies. Note here that in this section v̄ means spartial averaging and
not time-averaging!

V = v̄ + v′ (2.29)

The LES filter function for the entire flow domain Ω is defined as:

v̄ ( ~x0, t) =
∫

Ω
G ( ~xo, ~x,∆)V (~x, t) d~x (2.30)

In this equation, represent v̄ ( ~x0, t) the filtered function, V (~x, t) the un-
filtered function and G ( ~xo, ~x,∆) the filter kernel. For the used finite volume
method is G = 1. The kernel G can have the form of a top-hat, Gaussian or
a spectral cut-off filter. The differences of this most commonly used filter
can be found in [22, 23].
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When the Navier-Stokes equations are filtered, the governing equations take
the form:

∂ρ

∂t
+ ∂ (ρv̄i)

∂xi
= 0 (2.31)

∂ρv̄i
∂t

+ ∂(ρv̄iv̄j)
∂xj

= − ∂p̄

∂xi
+ ∂

∂xj

(
µT

∂v̄i
∂xi

)
− ∂τij
∂xj

(2.32)

To be able to compute the turbulent viscosity µT and the shear stress τij
and close therewith the filtered Navier-Stokes equations, a model is needed.
In the next section, the model used in this simulation will be presented.

Smagorinskys Sub Filter Scale Modeling

Today, there are several different LES sub-grid models on the market. The
model used for this simulation is based on an older functional model essen-
tially developed by Smagorinsky in 1961. The model named after him is
based on Boussinesq hypothesis (presented earlier in Equation 2.28) and on
the premise that all energy which the sub-grid scales receive from the large
eddies immediately dissipates. Smagorinsky’s equations contain a constant,
which is highly dependent on the flow and can hence cause simulation errors.

In 1991 Germano et al. [24] published a solution for this problem. The
introduced parameter is not anymore constant, but rather it can alter in
time and space. Equation 2.33 present the dynamic eddy viscosity including
Germano’s extended dynamic parameter CD.

νT = CD (~x, t) ∆2
∣∣∣S̄∣∣∣ (2.33)

To be able to obtain this dynamic parameter information from the smal-
lest resolved scales is used. For this reason Germano proposed to apply, in
addition to the grid filter, a second filter which he called test filter. The test
filter is typically twice as big as the grid filter.

Germano’s approach was finally modified by Lilly in 1992 “by use of
a least squares technique to minimize the difference between the closure
assumption and the resolved stresses. This modification removes a source
of singularity and is believed to improve the method’s applicability.” [25]

2.4 Experimental Methods

Experiments were in the past often the only way to understand, test and
optimize. Today, experimental tests are still necessary to build up a database
of extensive and high-quality information that is good enough to predict or
to affirm the projected aircraft performances. For this reason experimental
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tools such as wind tunnel or flight tests will still play a significant role in
the near future. Therefore, the following three sections will provide a short
introduction to the basic aerodynamic experimental tools.

2.4.1 Wind Tunnels

Wind tunnels are, due to their costs, maybe no longer the first choice to test
several new aircraft designs, but they are still indispensable when it comes
to the point to proving and obtaining a large collection of reliable data. At
present, the main tests conducted in wind tunnels are optimization tests,
for example acoustics problems, the manoeuvrability of the aircraft or at
interactions between diverse parts of the aircraft such as the wing-body,
wing-flaps, wing-engines and wing-weapons; essentially, everywhere where
highly complex and often strong turbulent fluid flow phenomena arise.

The variation of wind tunnel types in existence is nearly endless. Each of
these wind tunnels is designed for a specific flow problem or research field,
but it is out of the scope of this work to go into the different types in
detail. However, a global sorting of the main types is possible which clas-
sify, the speed, the test sections and how the air flows through the tunnel.
The tunnels can basically be divide into wind tunnels with an open and
closed test section and into tunnels with an open or closed circuit flow. The
subdivision in speed is based on the Mach-number, starting with subsonic
tunnels (0 < Ma < 1) and finishing with hypersonic and plasma tunnels
(5 < Ma < 30). The running time of a wind tunnel is highly dependent on
the simulated speed. Slower tunnels can run uninterrupted, whereas the en-
ergy expenditure for hypersonic tunnels is very high and therefor the “blow
down time” is very short (only minutes or seconds).

A wind tunnel offers the possibility to configure an exact and constant flow
where forces, pressures and sounds for a specific flight attitude can be ana-
lysed. The problem with the measured parameters in a wind tunnel is that
they are specific for the model placed in the test section, which is usually a
sub-scale model. To make sure that sub scale and the original aircraft model
are dynamically similar the models have to be equal in shape, solid bound-
aries, streamline patterns, Reynodls number Equation 2.7, Mach number
Equation 2.34 and Froude number Equation 2.35.

Ma = v

a
(2.34)

Fr =
√
v2

lg
(2.35)

However, depending on the available wind tunnel it can be a challenge to
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ensure similarity between the model in the test section and the real aircraft.
The discrepancies which can arise are commonly called scale effects. As a
consequence variations, compared to the full scale model, in the drag, lift and
pitch curves can appear. But the scale effect is only one of many phenomena
in which a wind tunnel test differs from a real flight test. Irregularities in
the measurements can also be caused by the following effects, which are
mentioned merely afor information and will not be examined here. For
more details, please refer to the following book [26].

• Horizontal Buoyancy

• Solid Blockage

• Wake Blockage

• Measurement Devices

• Streamline Curvature

• Normal Downwash Change

• Spanwise Downwash Distortion

• Tail Downwsh

• Asymmetric Downwash Distoration

• Propeller Induction Attenuation

2.4.2 Water Tunnels

As mentioned in the previous sections, it is important to obtain as much
data as possible at the earliest possible date for a new aircraft design. Prob-
lems discovered at this design stage can be easily and more cost-efficiently
modified. However, experiments in a wind tunnels can become very expens-
ive and are therefore currently not a tool for a basic design assessment. In
contrast, CFD against it seems lower in cost, but consume still takes a long
time to create the same amount of data as it can be obtained from a single
wind tunnel test.

However, experiments done in different water tunnels show that this is not
only an excellent tool for high-quality flow visualization [27], but also for
force, moment [28] and, recently, for pressure measurements [29].

A water tunnel follows, in general, the same rules as are applied to a wind
tunnel. That means that the requirements for similarity and result correc-
tions are the same.
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2.4.3 Flight Tests

Flight tests are the moment of truth Everybody who was involved in the
design and building in an actual aircraft project will stand with bated
breath until the last gear takes off from the runway. This moment will
prove whether all the theoretical, numerical, and experimental work was ex-
ecuted correctly and whether the promised aircraft performance can be met.

There are, in principle, two categories of flight tests. For the first one, the
focus is on the determining whether the aircraft can fulfil the mission for
which it was designed, together with the tests of the mandatory aviation
requirements for a safe flight operation. The second category, on the other
hand, has more a scientific background where new and sometimes uncon-
ventional aircraft shapes are tested or the aircraft flight envelope limits are
researched. Such typical tests can be, for example, flow field tests to prove
the structural strength, measure drag, to figure out the minimum speed to-
gether with the stall point or to measure vibration due to flutter or other
aeroelastic instabilities. Moreover, electrics, pressurization and other system
have to be tested.

(a) Lill-Draken (SAAB) (b) Generic Future Fighter

Figure 2.20: Tow different subscale flight test models from SAAB a) manned
b) unmanned.

Some of these tests are highly dangerous and too expensive to be executed
with a real aircraft including a pilot. Therefore, interest in sub-sacled un-
manned air vehicles (UAV) has steadily increased during recent years. An
example of how such a sub-scale model can be equipped and used is presen-
ted by [30] and [31] where SAAB’s GFF study was tested. Figure 2.20(a)
shows a historical manned sub-scaled model called “Lill Draken”, which was
designed in 1952 by SAAB in Linköping to study the new delta wing design.
On the right-hand side is SAAB’s latest demonstrator the Generic Future
Fighter to seen, scaled down to 13 % of the full-scale aircraft.
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Methods

This chapter provides an overview of the numerical and experimental ap-
proaches used during this project. This includes information about software
and hardware, as well as a description of the experimental set-up.

3.1 Numerical Set-ups

The numerical section provides some brief information on how the VLM was
used, how the model was designed, how the mesh was generated and how
the CFD calculations were carried out.

3.1.1 Hardware

During this project, two different types of computer came into operation.
The first group were ordinary personal computers basically used for simple
calculations and/or pre- and post-processing operations. In the second
group, cluster computer were necessary in order to have the ability to drive
the highly complex arithmetic operation and to increase the calculation
speed.

One of the personal computers was a 32 bit PC with Windows XP as the
operating system, an Intel R© Core(TM) 2 Duo E6750 processor with 2.66
GHz and a memory of 3 GB, which was used for the Tornado calculations.
The other personal computer was a 64 bit PC using Windows 7 as operation
system, an Intel R© Xeon R© E5620 processor at 2.40 GHz and a memory of
48 GB, which was usually used to mesh the model and to execute the most
of the post-processing.

Both used supercomputing resources used are located at National Super-
computer Center (NSC) at Linköping University, Sweden. Depending on
the availability, either the Neolith or Kappa cluster was used.
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Neolith is a Linux-based cluster with 805 HP ProLiant DL140 G3 com-
pute servers with a combined peak performance of 60 Tflops whereupon
each compute server is equipped with two quad-core processors of type Intel
Xeon E5345. Altogether, the cluster has 14 Tb of main memory [32].

Kappa is a Linux-based cluster with 364 HP ProLiant DL170h G6 com-
pute servers and 2 HP proliant DL980 G7 huge nodes with large amounts
of memory, giving a combined peak performance of 27 TFLOPS whereupon
each compute server (DL170h) is equipped with two quad-core processors of
type Intel R© Xeon R© E5520 and 24 or 72 GB RAM. Furthermore, has each
huge node (DL980) 1 TiB RAM and eight processors of CPU type Intel R©
Xeon R© E7-2800, which have eight cores each, giving 64 cores in total. The
main memory for this cluster is specified by NSC as a total of 13 TiB [32].

To solve the problems reasonably fast in Fluent, 20 nodes with a total of 160
cores were used in general. For several post-processing tasks on the cluster
computer, two nodes with 16 cores and together 64 GB memory were used.

3.1.2 Software

Several software packages were used in this project. It started with designing
the CAD model using Catia v.5 r.17, followed by ANSYS CFX-Mesh to
generate the grid. Afterwards, ANSYS Fluent v. 13 was chosen as flow
solver. Finally, the post-processing was done in ANSYS CFX-Post.

The VLM program Tornado version 134 (based on MATLAB), developed
by Thomas Melin, was used as well.

CATIA

CATIA (Computer Aided Three-Dimensional Interactive Application) is a
widely used 3D design program on the aerospace market. Originally de-
veloped in 1977 by Avions Marcel Dassault as a construction software, offer
CATIA today a much wider spectrum of application, from basic conceptual
designs up to equipment and systems integration functions.

The software was used by SAAB to design the basic GFF model. At
Linköping University, the model was then adapted for the sub-scale flight
test.

The sub-scale flight-test model will only be mentioned here and not ex-
plained further in detail. For further particulars the reader is referred to [31].
This model was the basis for the water tunnel and CFD model. There were
two reason to do so. Firstly, to reduce working hours, and secondly, to ensure
similarity with the subs-cale flight-test model for possible future measure-
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ment comparisons. Nevertheless, some changes have to be made. For the
water tunnel the jet engine duct had to be changed in order to be able to
place the balance straight into the model. Even for the CFD model, the
duct was given a slightly different shape in order to have a better mesh.
The CFD model was also given the necessary control volume box, together
with a function to rotate the aircraft in the volume to the desired angle of
attack. Both models are presented in Figure 3.1 and 3.3.

Figure 3.1: Water tunnel CAD model in CATIA

Tornado

Tornado is a freely available MATLAB-based program which uses a VLM for
linear aerodynamic wing design applications. The program can be used for a
wide range of different aircraft types at which each 3D model is characterised
by 4-digit NACA 2D wings. More detailed information and the program
itself can be downloaded at [33].

To model the GFF in Tornado, it was necessary to design first all the
wings, that means the main wing, canard, and fin, using the GUI. The
fuselage was also modelled with four “wings” turned by 90 degrees: two for
the nose section, one for the main fuselage and one for the cockpit section.
In order to be able to include the vortex based on the forebode in the
simulation, an extra wing was added in front of the canard. The whole
model is shown in Figure 3.2.
Next a panel grid was generated. Here was it necessary to find the right
proportion to get good final results: the downwash matrix condition was a
good indicator of whether the number of panels would have to be increased
or decreased. In the end, 746 panels were distributed over all eight wings.
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Figure 3.2: Tornado basic model of GFF

ANSYS Meshing Tool

Meshing a model is an important step in the entire CFD process. Too few
cells can lead to wrong and physically incorrect results, while too many cells
rapidly increase the calculation time. So a compromise has to be found to
ensure correct results, while also keeping the labour input for the computer
as low as possible. Additionally, the level of detail on the model and the
projected flow problems which have to be solved are important factors when
it comes to the decision, which type of grid should be used.

The meshes in this project were generated in Ansys Workbench (ANSYS,
Inc. Canonsburg), which offered a fast and easy handling of the entire mesh
process. Furthermore, the ability of the program to handle “dirty” and quite
complex geometries nearly automatically was an important reason to choose
it. This kept the meshing time low and enabled the 16 different cases to be
meshed in an acceptably short time frame, which is necessary during the
conceptual design process.

The meshing was then executed in the following way. First an .stp file, gen-
erated in Catia, was imported into Ansys DesignModeler where the surfaces
were assigned to the aircraft or the volume box. Afterwards, the model was
accessed in Ansys Meshing where the grid type, necessary face sizings and
the inflation layers for the boundary layer were defined.
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For the reason mentioned above unstructured tetrahedron meshes with about
30 million cells were generated with a 1 mm thick structural boundary layer
inflation around the aircraft. This resulted, on the aircraft models surface,
in a y+ which was below 1. The time to create the grid was around 8 hours
using the meshing computer mentioned in Section 3.1.1.

ANSYS Fluent

The flow solver used in this thesis was ANSYS FLUENT R© Release 13.0.
Three different computation models (Euler, RANS, and LES) were used.
For this reason, the boundary conditions were set to match those in the
water tunnel. A set-up of the aircraft model in the control volume including
all set boundary conditions can be seen in Figure 3.3.

Figure 3.3: The CFD model and the boundary conditions

The Euler and RANS results are steady state simulations and had to run
at an average of 3000 iterations per angle of attack in order to converge. In
contrast, the LES simulation was a transient simulation with a time step of
0.001 seconds and with a maximum of 15 iterations per step. The simulated
flow time for every angle of attack was at least 5 seconds after the initial
transients had disappeared.

For the RANS simulation, the two equation SST k−ω model, explained
in Section 2.3.3, with a low Reynolds number correction was chosen. For
modelling the sub-scales in the LES simulation, the dynamic Smargorinsky-
Lilly model, outlined in Section 2.3.4, was selected.

A table of all Fluent settings for this project is available in Appendix B.1.
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3.2 Experimental Set-ups

The experimental apparatus and models used in this study are described in
the following sections.

3.2.1 Water Tunnel Facility

The water tunnel Model 1520 is a Rolling Hills Research Corporation product.
The tunnel is of closed-return type with a test section of 380 × 510 × 1520
mm (15 × 20 × 60 inches) and a maximum test section velocity of around
0.3 m/s. To reduce the turbulence and flow unsteadiness levels in the test
section, screens and honeycomb are installed ahead of the contraction. The
level of flow quality up to 0.3 m/s is claimed by the manufacturer to be
below 1.0% Root Mean Square (RMS) for the turbulence intensity level, be-
low ±2% velocity uniformity and around ±1.0◦ in both pitch and yaw angle.

The tunnel and test section are shown in Figures 3.4 a) and b).

(a) Water tunnel facility (b) Test section

Figure 3.4: The water tunnel

Flow Visualization

The applied water tunnel model has a six-colour pressurized dye system
using water-soluble food colouring. The dye can be guided from the dye
canister to required points in the model by flexible plastic tubes. The system
allows precise control of the rate of dye emission on the model by using a
metering valve system that ensures the dye can be perfectly adapted to the
flow.
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Tunnel Control Systems

The water tunnel control software was developed by students at Linköping
University and is based on LabView. The program can be operated over a
tab control layout, which makes it possible to set all necessary data quickly
and easily. The software provides three main programs: a static motion
mode, which allows the user to change the pitch, yaw, and roll angle of
the model one by one and make the required measurements in every chosen
position where the model swept through; a dynamic motion mode program
where the model continuously drives forwards and backwards through the
chosen angles, from which only the forward drive data will be saved; and
a measurement program built to collect 16 analogue signals and data from
the two 1722 Smart cameras.

Support Rig

The rig consists of the objective rig on the top of the water tunnel and the
camera rig below the test section. To control the movements of the model
on all three axes, the objective rig uses a rotating disk for the yaw angle,
an arc where a carriage travels back and forth, mounted in the centre of
the disk, to pitch the model and a 90-degree gear down in the water tunnel,
linked to a motor on the pitch carriage to change the roll angle.

To be able to have a camera permanently perpendicular to the model, look-
ing up through the bottom of the tunnel, the camera needs to be as man-
oeuvrable as the model itself, hence a second rotating arc, fitted with a
carriage camera, was added to the original rig system.

The rotating disk provides a side slip to be varied between -22 and +22◦. The
angle of attack has a range between 0 and +55◦ and the roll axis provides a
full ±180◦ turn.

Five step motors are used to position the rigs with an estimated deflection
of ±1◦. Repeatability may be considered to be exact due to the accuracy
inherent in step motors to account for any backlash in the gearbox attached
to each motor.

Balance and Meassurments

The balance was built by the Swedish military flight research centre FFA in
Stockholm, and was later upgraded by STARCS and is shown in Figure 3.5.
This is a five-component internally-mounted balance with a maximum dia-
meter of 13 mm and a length of 167.5 mm that uses high-sensitivity semi-
conductor strain gages, waterproofed for submersion. High sensitivity is
required because the model loads encountered in the water tunnels used are
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quite small. The results of the balance are transmitted to the data acquis-
ition card NI PCI-6251 where the data points at 16 bit over a ±5 V range
is captured and then presented in the LabView control program, so that
values of interest, such as moments, forces and coefficients, are constantly
monitored live.

Figure 3.5: Water tunnel balance

Due to an upgrade of the water tunnel balance, it was necessary to valid-
ate first whether it would possible to reach the same measurements as in
earlier experiments. For that reason, an F/A-18C model was tested in the
water tunnel at the same Reynolds number like in the past presented by
Munro [17] who used the same test facility. The result of this test is presen-
ted in Section 4.1.

All experimental measurements presented in this thesis include 1000 samples.
The reason for this is becomes clear by looking at Figure 4.7 to 4.9. To reach
a tolerably stable average value, a certain number of measurements are ne-
cessary. Furthermore, a test with 10,000 samples was executed, to see how
the average value would change. The results of these tests are presented in
Section 4.2.

3.2.2 Aircraft Models

For this thesis, five models were built. The first model is an F/A-16C (Hor-
net) Academy plastic construction kit model with a scale of 1:72 which was
used for validation to confirm previous measurements with the same model
and for flow visualization tests.

The second and third models are pure balance models of the GFF, one with
an open and one with a closed jet engine inlet. All models were built to an
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reduction scale of 1:60 of the original aircraft and have the following dimen-
sions presented in Figure 3.6.

The models were, as explained earlier, designed in Catia and then sent to
a rapid prototyping machine. As the machine only had space for a 203 x
203 x 305 mm model, the model was split into four parts printed out sep-
arately. The result is presented in Figure 3.7. The ABS plastic model was
created in a machine using FDM technology. After the model was printed,
the four parts were joined together and the dye pipes placed inside. As the
surface is not perfect after printing out, the model was smoothed lightly
with sandpaper and filler. Finally, a coating was applied to the whole model
in order to obtain a surface capable of reducing undesired turbulence effects.

The fifth and last model is a JAS 39 (Gripen) Italeri plastic construction
kit model with a scale of 1:48. This model is, like the first, also equipped
with pipes for flow visualization tests.

Figure 3.6: GFF water tunnel model basic dimensions
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Figure 3.7: The water tunnel models used: 1. GFF rapid prototyping model,
2. JAS 39 Grippen, 3. F/A-18C Hornet (The picture is not true to scale.)



Chapter 4

Results and Discussion

The following chapter will present the main results which were achieved
during the research. The first part deals with the validation of the water
tunnel and computationally determined data. The second part deals with
the sensitivity of the measurements, which depends intentionally and unin-
tentionally on changed boundary conditions. The last section of this chapter
presents results which compare and contrast the numerical approaches from
an aircraft design perspective.

4.1 Validation

This section will be introduced by the results of the validation test with the
F/A-18C Hornet model. Earlier tests, presented in figure 4.1, show that the
current measurements agree for low angles of attack (α < 20◦) good with
the previous tests from [17, 34]. But between α = 20◦ and α = 42◦, both the
current and Munro’s test differ significantly from the Suárez measurements.
At very high angles (α > 42◦), reach the present test values close to Suárez
data in contrast to the Munro’s, measurments. However, both the present
and Munro’s test are below the Suárez determined curve at nearly all angles
of attack. A possible reason for this result could be a difference in the
model used. In the Munro’s and the present a model was used, which is
similar in size and level of detail, since exact information on how the Suárez
model looked is not available. Another factor for the discrepancy could be
a difference in reference area. There is no detailed information from Munro
and Suárez about how large the reference area used for their calculation was.

Another problem which Munro, as in the present test, must have faced
is the problem of an exact angle of attack. When measuring it, variations
between ±3◦ were no rarity. Also, it was not possible to reach an angle
of attack of 0◦, as presented before by Munro in the tunnel. The model
support rig reached the lowest point between 2◦ − 3◦ angle of attack.

There was also no information from Munro and Suárez on their sampling

47



48 CHAPTER 4. RESULTS AND DISCUSSION

and averaging.
Nevertheless, the results seemed to be reasonable in spite of the above

listed concerns, so that the test with the GFF model could proceed.

Figure 4.1: Normal Force for an F-18 fighter model compared with earlier
measurements performed in LiU’s water tunnel and other for similar Reyn-
olds numbers.

In a second step, the GFF model was tested in the water tunnel and com-
pared with an LES simulation for the two different speeds of v = 0.18 m/s
and v = 0.36 m/s. The result is presented in Figure 4.2. It is visible that the
measurements, taken from the water tunnel, are clearly below the numerical
results at all speeds. To investigate the cause of the difference, a panel code
method (Tornado), an Euler, a RANS and an LES simulation were carried
out.

The numerical results in Figure 4.3 show positive correlation up to an
angle of attack of α = 32◦. After this point, Tornado continues as expected
linear with increasing angle of attack and overestimates clearly the rising
normal force. The Euler model shows, together with the RANS and LES,
a more level curve at high angles of attack, which is a more realistic be-
haviour for an aircraft. Furthermore it is interesting to see that the Euler
model differs of course from the RANS and LES models, but still shows an
unexpected closeness to them.
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Figure 4.2: Comparison between CFD (LES) data and water tunnel meas-
urements for the GFF model at two different speeds.

Figure 4.3: Comparison between VLM, different CFD solver data, and water
tunnel measurements for the GFF model at the same speed.

The RANS and LES models, when compared to each other, also show
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very similar values. A greater difference had been expected in the beginning,
particularly at high angles of attack. The cause for this behaviour may lie
in the low Reynolds number. This led to relatively small fluctuations in the
wake behind the aircraft, which enabled RANS to reach an average value
similar to that obtained with the LES model.

A clear discrepancy between the water tunnel and the numerical solution
visible is also visible in Figure 4.3. The water tunnel curve progression is
equal to the numerical one. Reasons for this shift could be the same as those
previously explained with the F/A-18C Hornet model test. Furthermore,
with this model it is possible that the angle of attack is falsified due to a
poor model/wing accuracy. However, it is not easy to identify the exact
source of this result. Some possible reasons will be presented and discussed
later in Section 4.2.

Summing up, it can be said that the numerical results between the dif-
ferent approaches show a good agreement in the curve progression, but that
the shift in angle of attack has to be investigated further.

The next step was to assess the quality of the numerical results. Thanks to
the turbulent viscosity ratio, which is the ratio between the turbulent eddy
viscosity µt (A.3) and the molecular viscosity µ, it is possible to estimate
how much of the turbulence is modelled and how much of it is resolved.
Figures 4.4 and 4.5 show the µt/µ ratio for the RANS and LES simulations.

In both figures, it is clearly visible that with increasing angle of attack
the turbulent viscosity ratio also increases, due to more separation and hence
more turbulence in the wake, which occurs over the wing.
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Figure 4.4: Turbulence viscosity ratio for the RANS simulation and four
different angles of attack at v = 0.18 m/s

The differences are the maximum and minimum values of the ratio. Note
that the colour scale range differs between the both plots. For the RANS
simulation, the values are much higher. The reason for this is that RANS
does not resolve any turbulence; it merely models it, which leads to a high
µt and consequently to a higher ratio. In contrast to that, LES resolves
the large eddies and models only the smaller ones, as explained earlier in
Section 2.3.4, which results in a smaller ratio. If the grid fine enough, the
turbulence in the LES simulation can be sufficiently resolved and the ratio
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is low.

Figure 4.5: Turbulence viscosity ratio for the LES simulation and four dif-
ferent angles of attack at v = 0.18 m/s

A coarse grid, on the other hand, would lead to higher values and to higher
turbulence modelling. With a maximum ratio of 45 for the LES simulation,
the values below the range which were obtained in [35, 36] for the finest
grids. The grid used in this project could be further improved, in particular
above the wing in the wake area, but, due to the low Reynolds number and
limited computational power, the gird seems to be sufficient.
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4.2 The measurement sensitivity
The differences and uncertainties encountered, presented in the previous sec-
tion, call for further investigations into the sensitivity of the measurement
equipment and flow conditions in the numerical models. These “sensitivity”
tests will be presented in this section.

One of the most important tests is the repeatability of measurements under
the same experimental conditions. To do so, the same GFF model was
measured in the water tunnel at the speeds v = 0.18 m/s and v = 0.36
m/s with the same aircraft model, but on different days. The results in
Figure 4.6 show a similar to that gained in the test presented previously.
The progression of the curves is similar, but there is a huge shift between
them. The only known difference between the different tests was the water
temperature. as there could be an incomplete temperature compensation of
the electrical bridges inside the balance, variations in the results are possible.

Figure 4.6: Comparison between two different speeds

On the other hand, there is a something which goes against this argument-
ation. If tests 1 and 3 are compared, it it can be seen that the results for
v = 0.36 m/s start to differ already above α = 12◦. In contrast to that,
the results for the speed v = 0.18 m/s are nearly equal. If a temperature
compensation problem could be the source of the differences, the low speed
test should differ more or less in the same way as the measurements from
the high speed test (v = 0.36 m/s).
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Another factor that can lead to imprecise measurements in the water tunnel
is the unbalanced flow field which is most likely caused by the non-uniform
functioning of the water tunnel pump. The water speed seems to fluctuate
considerably, which was indicated firstly by the flow meter, which is placed
in the return flow tubes (see Figure 3.4) and secondly indirect by the water
tunnel balance signal. Figures 4.7 to 4.9 show a normal force signal plot
for the water speed v = 0 m/s and v = 0.36 m/s whereat the signal plot
for v = 0 m/s serves as a reference. On closer examination of Figure 4.8,
it is possible to see a periodic oscillation with a similar wave length. This
wave motion is also present in Figure 4.9 when the number of measurements
is increased to 10,000, but is not clearly visible. The consequence of this
unbalanced flow field is an unstable average value for all measurements.
Depending on the number of samples, the average value will therefore be
either to high or to low.

In summary, the source of the non-uniform flow has to be further in-
vestigated and better measurement equipment is necessary to reach a better
understanding of the flow in the test section. In addition, further tests of the
balance by the manufacture will be requested to eliminate another possible
error source.

In a second test, the sensitivity for changes to the aircraft model was carried
out. For this reason, another model was built which had a closed, rather
than an open, jet engine inlet, so that no water flow could go through the
aircraft. The results of these tests are presented in Figures 4.10 and 4.11. For
the normal force, all measurements for the AC model with a closed inlet lay
below the one with an open inlet. In contrast to that, the pitching moment
behaves in the opposite way, which meant that then the measurements for
the AC model with a closed inlet lay on the top. A possible explanation
could be a larger axial force for the closed jet engine inlet model than for the
model with an open one. This greater axial force can increase the pitching
moment further. The presented assumption is not validated yet, due to the
missing axial component in the water tunnel balance..
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Figure 4.7: Signal plot from water tunnel balance for 10,000 measurements
at α = 60◦ and v = 0 m/s

Figure 4.8: Signal plot from water tunnel balance for 1000 measurements at
α = 60◦ and v = 0.36 m/s

Figure 4.9: Signal plot from water tunnel balance for 1000 measurements at
α = 60◦ and v = 0.36 m/s
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Figure 4.10: Comparison of normal force for an open and closed jet engine
inlet at five different speeds.

Figure 4.11: Comparison of pitching moment for an open and closed jet
engine inlet at five different speeds.
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To check how much geometry changes other than the jet engine inlet
will influence the result, a test with a different aircraft was carried out. A
Gripen JAS-39 model was chosen because the aircraft is close to the GFF
model in size, shape and configuration. The results for this comparison are
presented in Figure 4.12. As shown, the normal forces at both speeds are
higher for the Gripen model than for the GFF. It is interesting to see that
both aircraft models show similar aerodynamic performances (curve shape)
and that the difference between the water tunnel models is in the same range
as before in the GFF test with the different inlets.

Both of these tests show that even small changes, such as an open or closed
jet inlet, will have a clear impact on the results. Therefore, accurate as-
sembly of the models is necessary.

Figure 4.12: Comparison between the GFF model and the fighter model
Gripen JAS-39 as an aircraft with similar geometry and size at two different
speeds.
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4.3 Additional CFD Findings
One major problem of the used water tunnel balance was, as described in
Section 3.2.1, that there were only five components available. This means
lift and drag could not be determined. In contrast, the numerical tools
offer more data. The disadvantage of CFD simulations in the past was that
they were quite time-consuming. But today a VLM (Tornado) simulation
needs only minutes to calculate an alpha sweep and a much more complex
LES simulation is done in less than a week. For this reason, results from
Tornado, Euler, RANS, and LES are compared and contrasted to show
limitations and possibilities with each approach. Observe that the Euler
and RANS results are carried out steady state and the LES unsteady. The
following figures present some selected results which are interesting for the
first aircraft conceptual design phase.

Figure 4.13 compares the lift force between different numerical simula-
tions. As with the normal force in Figure 4.3, all curves show, except the
Tornado one, a very similar trend. The maximum lift of 0.42 N is obtained
around α = 40◦ for a water speed of v = 0.18 m/s.

After lift, drag is another important value when desiging an aircraft. Fig-
ure 4.14 presents the drag curves for all four numerical simulations again.
In this diagram, a couple of discrepancies are visible between the different
simulations. At low angles of attack α < 10◦, the values are relatively close
to each other. By increasing angle of attack, the Tornado values quickly
begin to show values that are too low when compared with the other sim-
ulations. The reason for that is that Tornado is only able to calculate the
induced drag. The Euler simulation is closer to RANS and LES, but still
below them. Compared to Tornado, in the Euler calculation, the form drag
is also included, but, due to neglect of viscosity, friction drag is missing.

In Figure 4.15, the lift over drag ratio is presented, which is an important
overall aerodynamic efficiency factor. The aim during the aircraft design
process is to get an L/D ratio which is as high as possible. The highest
lift to drag ratio for the GFF model in the water tunnel lies at an angle
of attack of α = 8◦. Both Tornado and Euler simulations overestimate the
maximum L/D ratio (Tornado nine times as much and Euler two times as
much). The reason for this is already explained above when discussing the
excessively low drag values for both of these simulations.

Another very frequently used plot is the so-called drag polar shown in
Figure 4.16 where the lift coefficient versus the drag coefficient is displayed.
Also, here it is possible to get the L/D ratio by applying a tangent which
starts in the polars coordinates systems origin. The intersection is then the
maximum L/D ratio. Furthermore, it is possible to get to the point where
the drag reaches the minimum. That will say, the drag below that minimum
is independent of lift and dependent on the direction of increasing drag. This
lift independent drag is also called parasite drag and includes for the
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Figure 4.13: Comparison of the lift force between different numerical simu-
lations at v = 0.18 m/s

Figure 4.14: Comparison of the drag force between different numerical sim-
ulations at v = 0.18 m/s
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Figure 4.15: Comparison of the lift over drag ratio between the different
numerical simulations at v = 0.18 m/s

Figure 4.16: Comparison of the lift and drag coefficient between the different
numerical simulations at v = 0.18 m/s
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subsonic flow mainly the skin friction drag. The right-hand side drag is
the induced drag. For the GFF water tunnel model, CLmin would be ap-
proximately 0.15 and the corresponding CDmin = 0.08. Also, in this figure it
becomes apparent that Tornado and Euler clearly deviate from RANS and
LES.

In Figurer 4.19, the results between the different numerical algorithms on
the top side of the GFF model in form of the pressure coefficient for the
speed 0.18 m/s and the angle of attack of 20◦ are plotted. Figures 4.17
and 4.18 present the total pressure, for the same speed and at the same
angle of attack, over the aircraft and give more detailed information about
the distribution of the vortices.

All models show in principle the same result, in spite of the previously
explained difference in temporal modelling (Euler and RANS steady, LES
unsteady), which is probably caused by the very low Reynolds number.
However, there are some obvious discrepancies which have to be discussed.

In Figure 4.19 a "foot print" is visible on all four models over the wing,
which is the image of the low pressure of the vortex core, pictured on the
aircraft wing surface. Compared to the other three numerical simulations,
VLM (Tornado) exhibits the greatest difference. Clear information about
the existence of a vortex is not visible due to the fact that the entire leading
edge is characterized by a low pressure. The reasons for this are based on the
fact that Tornado only calculates a two dimensional model with an algorithm
that ignores viscosity effects and which presents the pressure coefficient as a
difference between upper and lower surface. Therewith VLM is an adequate
tool to present parameters such as lift, but it cannot be used to visualize
the flow field, e.g. on a delta wing.

But even between the Euler, RANS, and LES simulations, differences
are visible. Euler shows the longest footprint, followed by RANS and then
LES, whereupon the pressure maximum and minimum values remain the
same for all three.

Figures 4.17 and 4.18 present the total pressure on a number of surfaces
perpendicular to the longitudinal axis. These provide a more extensive im-
age of the flow field compared to Figure 4.19. This way it is possible to see
the discrepancies between the different numerical algorithms more clearly.

By starting on the nose of the aircraft, it can be seen that a vortex
develops on the corner of the chined forebody. This vortex is weaker in the
Euler simulation yhan in RANS and LES. The most detailed spatial and
temporal resolution for this vortex is provided by LES.

A step behind the nose, the forebody vortex merge the vortex which
is developed by the canards leading edge. This combined vortex seems to
meet the bottom of the fin in the Euler and RANS simulations, whereas
in the LES simulation this phenomenon is less developed. In Figure 4.18,
it is clearly visible that the joint forebody/canard vortex moves, looking
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across form Euler to RANS to LES, more and more to the rear part of the
aircraft outwards, also away from the fuselage centre. This difference can
lead to wrong design decision, depending on which model was used. This
vortex can introduce vibrations in the fin and can consequently lead to flight
control problems or structural damages as experienced in the past with the
F-18 design. Therefore, appropriate modelling of this problem is of great
importance with this design.

Just behind the cockpit exist some details of the flow field which the RANS
and Euler algorithms seem unable to catch.

By summing up the findings, it is possible to say that all the models presen-
ted predict lift at lower angles of attack quite well. At high angles of attack,
Euler, RANS, and LES also display a good agreement in moderate turbu-
lence, which is in turn linked to the low Reynolds number. When looking at
drag, the results show that the inviscid models underestimate drag to vary-
ing degrees (VLM more than Euler). Therefore, neither of these models are
sufficient for the determination of the important friction drag at low angles.
Furthermore the numerical simulations offer a good possibility to visualize
the flow field, so that unfavourable flow conditions can be avoided.
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Figure 4.17: Comparison of the flow field between the different numerical
simulations, visualized with total pressure at v = 0.18 m/s and α = 20◦
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Figure 4.18: Comparison of the flow field between the different numerical
simulations visualized with total pressure at v = 0.18 m/s and α = 20◦
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Figure 4.19: Comparison of the flow field between the different numerical
simulations, visualized with the pressure coefficient at v = 0.18 m/s and
α = 20◦
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Chapter 5

Conclusion

In this thesis, a variety of reasons why results of the water tunnel used and
its balance should be handled with care were presented and discussed. The
investigation into the test facility used shows that the non-uniform flow has
to be further investigated, for which a more advanced flow measurement
system is required. In addition, further tests of the water tunnel balance by
the manufacturer will be requested, to increase the fidelity of future meas-
urements.

The results for the second focus of this thesis, the investigation into differ-
ent numerical models in matters of practicability during the early aircraft
conceptual design process, showed that complex LES simulations could be
carried out within an acceptable time frame and could provide already at
this low Reynolds numbers more comprehensive information about the flow
field than the VLM, Euler or RANS simulations.

Flow separation problems at high angle of attack or the presented dis-
crepancy when predicting drag are further examples where the inviscid sim-
ulations reach their limits, due to their inability to capture the flow charac-
teristics correctly. The tests also showed as well that Tornado is a good tool
for civil and more simply shaped aircrafts/wings, but it starts to struggle
with the frequently used delta wing and the accompanying, often more com-
plex, aerodynamic phenomena of a fighter plane.

RANS shows at moderate turbulence, as occurred during the tests carried
out for this thesis, a good agreement in numbers with the LES simulations.
But looking at the flow field around the aircraft, the leak in dynamic mod-
elling gbecame clearly visible in the form of a smooth overall flow. Hence,
phenomena such as the vortex breakdown over a delta wing, or flow separ-
ation at high angles of attack, are difficult to detect.

All in all it is still up to the engineer to decide which aerodynamic tool
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seems the most suitable for the problem in question, and therefore a general
recommendation is not possible. However, it is important that everyone who
is using CFD always has the prism of flow simulation methods Figure 2.16
in mind, in order to know the limitations of the different models.



Appendix A

RANS (SST) Model

To combine the k − ε and k − ω model into one, Menter merged the k − ε
into the k − ω model. The two new transport equations are basically the
same as in the k − ω model with one difference: to the ω equation a new,
so-called cross diffusion term CDkω, is added, which is the mathematical
conversion of the k− ε model into the k− ω model. Equations A.1 and A.2
present this so composed SST model:

∂ (ρk)
∂t

+ ∂ (ρkv̄j)
∂xj

= ∂

∂xj

[
(µ+ σkµt)

∂k

∂xj

]
− ρṽiṽj

∂vj
∂xi
− β∗ρωk (A.1)

∂ (ρω)
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+ ∂ (ρωv̄j)
∂xj

= ∂

∂xj

[
(µ+ σωµt)

∂ω

∂xj

]
− γω

k
ρṽiṽj

∂vj
∂xi
− βρω2

+ 2(1− f1)ρσω2
ω

∂k

∂xj

∂ω

∂xj︸ ︷︷ ︸
CDkω

(A.2)

In these equations, the terms on the right hand side stand for:

1. the effective diffusivity of k and ω

2. the generation of the kinetic energy k and ω

3. the specific dissipation rate of k and ω due to turbulence

4. the cross diffusion term (only found in the ω transport equation)

The turbulent eddy viscosity in Equation 2.28 is denoted as:

µt = a1ρk

max(a1ω, f2 ‖curl~v‖2) (A.3)
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The different constants of the SST model are calculated with the follow-
ing mathematical correlation:

φ∞ = f1φ∞,1 + (1− f1)φ∞,2 (A.4)

The function f1 serves as a switch between the embedded k−ε and k−ω
model. Close to the wall (up to 50% of the bondary layer thicknes) the value
is set to one, which means that the k − ω model is activated. From there
up to the free stream of the flow, the value slowly decreases to zero, which
activates the k − ε model.

f1 = tanh
(
φ4

1

)
(A.5)

φ1 = min

[
max

( √
k

0.09ωy ,
500µl
ρωy2

)
,

4ρσω2k
CDkωy2

]
(A.6)

CDkω = max

(
2ρσω2
ω

∂k

∂xj

∂ω

∂xj
, 10−20

)
(A.7)

The function f2 in Equation A.3 is defined as:

f2 = tanh
(
φ2

2

)
(A.8)

φ1 = max

( √
k

0.09ωy ,
500µl
ρωy2

)
, (A.9)

For a more details, the author recommends the ANSYS theory guide [37]
which also lists all constants such as β, β∗, σω, σω2 ect.



Appendix B

Ansys Fluent Set-ups

This table presents the settings in Fluent for the different simulations.
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Table B.1: This table present the settings in Fluent for the different simula-
tions

Settings Euler RANS LES

General

Type Pressure Based Pressure Based Pressure Based
Velocity Formulation Absolute Absolute Absolute
Time Steady Steady Transient
Model Inviscid SST 2 eq. LES

Low RE Smargorinsky
correction -Lilly

Fluids Water Water Water

Zone

Top Wall (no-slip) Wall (no-slip) Wall (no-slip)
Bottom Wall (no-slip) Wall (no-slip) Wall (no-slip)
Side Wall (no-slip) Wall (no-slip) Wall (no-slip)
Symmetry Symmetry Symmetry Symmetry
Inlet Velocity-Inlet Velocity-Inlet Velocity-Inlet
Outlet Pressure-Outlet Pressure-Outlet Pressure-Outlet
Aircraft Wall (no-slip) Wall (no-slip) Wall (no-slip)
Duct Wall (no-slip) Wall (no-slip) Wall (no-slip)

Reference Values

Area (m2) 0.0051746 0.0051746 0.0051746
Density (kg/m3) 998,1999 998,1999 998,1999
Enthalpy (J/kg) 0 0 0
Length (mm) 116 116 116
Pressure (Pa) 0 0 0
Temperature (K) 288,16 288,16 288,16
Velocity (m/s) 0,18 0,18 0,18
Viscosity (kg/m-s) - 0,001003 0,001003
Specific Heat Ratio 1 1 1

Solutions Methods

Scheme Simple Simple Simple
Gradient Green-Gauss Green-Gauss Green-Gauss
Pressure Standard First O. Upwind First O. Upwind
Moment First O. Upwind First O. Upwind Cent. Differ.
Turb. Kinet. Energy First O. Upwind First O. Upwind First O. Upwind
Specf.Dissipa. Rate First O. Upwind First O. Upwind First O. Upwind

Calculation

Number of Iteration 1500 1500 -
Time Steps (s) - - 0.001
Max Iteration per
Time Step - - 15
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